
376 J. SPACECRAFT VOL. 7, NO. 3

approximately 105 M the model temperatures at the four
locations were greater than when no C02 cryodeposits were
present. Figure 4 shows that this is to be expected since the
reflectance of C02 deposit on a black paint substrate is greater
than the reflectance of the bare substrate when the deposit
thickness exceeds approximately 100 ju. For a deposit thick-
ness of 127 /z, the temperature increases resulting from the
increased solar simulator flux reflected to the model are, as
seen in Fig. 5a, 16°F on the cylinder bottom, 14°F on the
paddle surface, and 8.5°F on the cylinder side. The 6°F
temperature increase observed on the cylinder top is a re-
sult of the decrease in the energy flux loss from the cylinder
top by conduction and internal radiation to the cylinder side
and bottom.

Figure 5b presents the changes in the steady-state tempera-
tures obtained at the four representative locations on the
test model due to reflection of solar simulator irradiance from
various thicknesses of thick (0.146 to 2.51 mm) C02 deposits
on the floor and wall cryopanels. The changes in the four
temperatures rise drastically with thickness due to the in-
creased reflection of solar simulator irradiance by the thicker
CO-2 cryodeposits. The greatest increases in temperature
with deposit thickness occur on the cylinder bottom and the
paddle surface since these two representative model locations
have the largest view factor for the solar simulator irradiance
reflected directly back toward the vehicle from the floor
cryopanel deposits. At location 20 on the cylinder bottom,
this temperature increase is as much as 75°F for a deposit
thickness of 2.51 mm. Most of this temperature increase,
60°F, occurs for a thickness of 0.78 mm. Figure 5b also
shows that a smaller temperature increase occurs at location
5 on the cylinder side (up to 37°F for a 2.51 mm deposit)
than on the cylinder bottom and paddle surface locations
because the former location does not have a large view factor
for the solar simulator irradiance reflected from the floor
cryopanel deposits. However, location 5 on the cylinder
side does have a large view factor for solar simulator flux
reflected from the wall cryopanel deposits. In addition, part
of the temperature rise at this location results from an in-
crease in the conduction and radiant energy flux from the
cylinder bottom and paddle surface which have an increas-
ingly higher temperature. The smallest temperature rise
observed on the model (up to 24°F for 2.51 mm deposit) was
at location 2 on the cylinder top. Since the cylinder top is
highly reflecting in the spectral range of the solar simulator
and also has only a small view factor for solar simulator flux
reflected from the wall cryopanel deposits, most of the tem-
perature increase occurring at this location is due to the de-
crease in the energy flux loss from the cylinder top by inter-
nal radiation to the cylinder side and bottom.

Conclusions

The reflection of solar simulator flux from C02 cryopanel
deposits less than 100 ^ thick has only a small effect on the
thermal balance of a test article in a space chamber. This
effect is not detrimental and the steady-state temperatures of
the test vehicle can actually be lower than when there are no
C02 deposits on the chamber cryopanels. The reflection of
solar simulator flux from C02 cryopanel deposits of thick-
nesses greater than 100 /z has a very adverse effect on the
thermal balance results for a test model in a space chamber.
Most of the increase in test model steady-state temperatures
occurs for a deposit thickness of only 0.78 mm.
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Introduction

CONTROLLABLE mass flow rate, or throttling, over a
wide temperature range, is one of the principal goals in

the current effort to improve the performance and versatility
of solid-propellant rockets. To minimize inert weight, the re-
quired throttling ratio, rreq =s (Wmax/mmin)req should be ac-
complished in as low a chamber pressure ratio, (/> = (Pmax/
Pmin), as possible. This, in turn, requires a high burning
rate pressure exponent, n, which is limited only by the capa-
bility of the control system. Generally, 0.7 ^ n ^ 0.8 is
considered optimum. For wide-temperature-range opera-
tions, typically —65 to 165°F, the temperature sensitivity of
equilibrium pressure TTK can significantly increase the pressure
ratio required. Thus, TTK should be minimized.

This Note concerns the interior ballistic considerations per-
tinent to wide-temperature-range throttling by means of a
variable-throat-area nozzle. Specifically, the discussion de-
lineates a) the effect of the operating temperature range on the
usable throttling ratio, TU = (mmax/mmin)Usabie, b) the specific
temperature/pressure combinations that limit ru (and the
combinations that do not), and c) the tradeoff between pres-
sure and temperature sensitivity. It is shown that a single
parameter, designated the wide temperature throttling expo-
nent, UT, is useful for rapid screening of the effects of propel-
lant composition and on throttling potential.

Discussion

For simplification and clarity, it is assumed that the pressure
and temperature sensitivities of the discharge coefficient are
negligible, and that the propellant ballistics can be represented
by

at the design temperature, even though these assumptions are
not essential to the basic concept advanced, c is an empirical
constant whereas T is propellant temperature. Thus, TTK, TTP
and n are related by the well known expression:

irK = Wp/(i - n) (2)

where

[^ , -i (temperature sensitivity of pressure at
~^fT constant K, propellant burning surface

area to throat area ratio) (3)

d m r (temperature sensitivity of burning rate
dT _\p at constant pressure) (4)

Equation (2) shows that TTK can be reduced by reducing n
and/or irp. Since reducing TTK by reducing n would only lead
to a net loss in ru for a given </>, the only useful approach to re-
duce TTK for wide temperature throttling is to reduce irp. A
usable throttling ratio (TU) for a wide temperature range is the
one throttling ratio that can be realized at every point within
the temperature range. It is the throttling ratio obtainable
at a given temperature (for a given pressure ratio and n)
diminished due to the effect of TTP. Furthermore, it will be
shown later that only the reductions in TTP at the high T/low P
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and at the low T/high P combinations are useful in increasing
TU.

Figure 1 shows the loss in ru due to an increase in operating
temperature range. The burning rate/pressure relationship
for a propellant at the temperature extremes (Ti and T^) and
the design temperature (T2) is shown. Two lines of unit slope
are shown which represent K± and K2) respectively, the mini-
mum and maximum ratios of burning surface area to throat
area selected due to design constraints such as maximum
chamber pressure, minimum stable combustion pressure, min-
imum throat gap, etc. It is seen that point E represents the
minimum achievable m and pressure, and point F represents
the maximum achievable m and pressure. However, the
two critical points in Fig. 1 are A and C , because their loca-
tions establish ru, i.e., the maximum throttling ratio that is
achievable at any temperature from Tl to Tz. Point A repre-
sents the maximum m achievable at the maximum K at
the most adverse (low) operating temperature for high m, and
Point C represents the minimum m achievable at the minimum
K at the most adverse (high) operating temperature for low m.
The slope of AC here is defined as the "wide-temperature
throttling exponent/7 nT. This parameter encompasses
both the n and temperature sensitivity effects. In other
words, the higher the nT, the lower the pressure ratio required
for a given mass flow ratio over a given temperature range.

The relationship of nT to n and TTP can be derived as follows:

nT = (Inr2 - lnn)/(lnP2 - (5)

where subscripts 2 and 1 refer to conditions at points A and C,
respectively, in Fig. 1
Since

and

and

Inr2 =

Inn ^ Inrp.r, + (77
8 - T2)wp

(6)

(7)

(8)

where

0 - P2/Pi
Substitution of Eqs. (6) and (7) in (5) and simplification lead to

= n - [(Ti - + (7*3 + (9)

where n is the exponent at the design temperature T% over the
pressure range PI to P2, TTPZ is the TTP at P2 for the temperature
range TI to T2) and irPl is the TTP at pi for the temperature range
T* to TV Thus, nT is a function of n at the design temperature
TZ and of TTP at specific temperature/pressure combina-
tions. Specifically, the only values of irp of consequence are
those at T2 <C T ^ T3 at pressure Plf and Ti $ T <C T2 at
pressure P2. (At T < T2 at PI or T > T2 at P2, the wp is in-
consequential, because only the nonlimiting conditions, points
B and D in Fig. 1, are influenced).

log P

Fig. 1 Effect of wide temperature range on usable throt-
tling ratio r«.

log r

Fig. 2 Effects of n and TTP on r«.

It is apparent from Eq. (9) that for positive values of TTP)
nT is lower than n, and the loss due to TTP increases with increas-
ing temperature range and reduced pressure range. For
operation at the design temperature only, or for propellants
with zero temperature sensitivity, UT assumes the value of n.
If TTP is constant over the temperature and pressure ranges of
interest; Eq. (9) reduces to

UT = n - (T* ~ T^TTp/lYKf) (10)

The effect of increasing n for two propellants with a constant
TTP is illustrated in the upper part of Fig. 2. The benefit of a
higher n is here shown to be converted into a lower required <j)
for a given throttling ratio. Obviously, the benefit of a higher
n may be converted instead into a higher throttling ratio
achievable for a given 0. Similarly, the effect of reducing
TTP for two propellants with a constant n is shown in the lower
part of Fig. 2. In each case, the slope of AC or A 'C', which is
nT, can be used as a figure of merit for propellant throttlability.

Figure 3 shows the relationship between UT, n, irp, and ru
for 0's of interest in a typical application. It is seen that an
uT of 0.65 corresponds to an n of 0.71 with a TTP of 0.001 °F~1,

0.003

Fig. 3 Relationship between n, trp and ru (AT = 230°F).
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and will give a ru of 11 for a </> of 40 over a temperature range
of —65 to +165°F. Figure 3 also shows that there is prob-
ably not much purpose in searching for a TTP reduction of less
than 0.0005°F"1

J since it represents an equivalent n increase
of only 0.034 and 0.031 for pressure ratios of 30 and 40 re-
spectively. This conclusion provides an opportunity to econ-
omize by reducing the number of strands that should be tested
for data points to evaluate formulation approaches.

Conclusions

For propellant research and development directed towards
an application requiring wide-temperature-range throttling,
formulation approaches to reducing irp need be evaluated
principally for their effect between ambient and low tempera-
ture at high pressure and between ambient and high tempera-
tures at low pressure. Thus, cost savings may be realized
because wp need not be determined over the entire tempera-
ture range at all pressures. Because nT is the controlling
parameter for propellant throttlability it is advantageous
economically to determine UT directly instead of indirectly by
determining n and TTP values.
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Nomenclature

A = surface area of crater, ft2

Ao = total surface area of sphere, ft2

A D = surface area of circle by the intersection of the sphere and
the lunar surface, ft2

a = D/h, aspect ratio of crater, diameter/depth
Fij = form factor relating A i and A /
J = radiosity at an arbitrary location, Btu/hr-ft2

Kij = kernel of Fredholm's integral equation or normalized
form factor in the heat balance equations

n = crater surface unit normal vector
q = local incident heat flux, Btu/hr-ft2

R = radius of sphere, ft
S == solar constant, 442 Btu/hr-ft2

s = solar ray directional unit vector
T = radiation equilibrium temperature, °R
a, e — absorptivity and emissivity of lunar soil
7 = thermal inertia of lunar soil, 750 cm2-sec^-°C/cal
5 = solar elevation angle
X = parameter of the integral equation
ff = Stefan-Boltzmann constant, 0.1714 X 10-8Btu/hr-ft2-°R4

Subscripts

1 .2 = sunlit and snadowed regions of crater
s = source

Introduction

A N interest in temperature distribution of lunar topo-
£*- graphical features has existed for many years. However,
most of the experimental (e.g., Ref. 1) and analytical (e.g.,
Ref. 2) efforts, limited by the resolution of Earth-based instru-
mentation, have been concentrated on average temperatures
of relatively large surface areas. More detailed experi-
mental data have been obtained by the Surveyor flights, es-
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pecially by Surveyor III and V.3'4 Lunar surface tempera-
tures were obtained, however, by indirect methods (through
compartment temperature data) limiting the accuracy of re-
sults. Furthermore, the crater in which Surveyor III landed
was too shallow to exhibit marked "cavity" effect. Signifi-
cant results have been obtained, however, on the thermal iner-
tia of the lunar soil, indicating a numerical value of 500 cm2-
sec -J-°C/cal instead of 750 used previously based on terres-
trial measurements.

The present study considers temperature distribution in
lunar craters. The governing equations of the heat balance
are defined in a set of integral equations. Independent of the
depth of the crater, the incident solar radiation is identical for
all craters with the same surface area at their openings. By
energy consideration, the emitted radiation must also be the
same. Consequently, heat emission from deep craters may
occur at higher surface temperatures in order to compensate
for the decrease in the form factor from the cavity toward the
deep space.

To simplify the analysis, it is assumed that e = 1 (corre-
sponding closely to the experimental data) and that a = I in-
stead of the usual 0.93. Uncertainties of local albedo values
and especially gross assumptions on the surface contour of the
crater may introduce larger errors than the second assump-
tion. In addition, reabsorption from the first and higher or-
der reflections of the incident radiation may result in an effec-
tive a significantly higher than 0.93.

Analysis

In Fig. 1 incident heat flux at Aj from the sun and subsur-
face sources is

and radiation leaving surface dA i which is absorbed at surface
dAj is

The reciprocity relation states that

dAidF^ = dAjdFji (3)

Combining Eqs. (2) and (3),

qv = JtdFjt (4)

Furthermore, the diffuse form factor can be expressed as

then

where Kji is the normalized form factor. The radiosity at Ay
can be expressed as the sum of Eq. (1) and the contribution of
radiation originated from all dAi elements, which is the in-
tegral of Eq. (6) over the total crater surface:

Ji = fr + /A KjJidAi (1)
This relation is Fredholm's integral equation of the second
kind, which, in mathematical notation is

f(x) + \ K(x, t)y(t)dt (8)

where y(x) is the unknown function (here, the radiosity of the

t
Fig. 1 Model of
lunar crater for
the heat balance

equations.


